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L INTRODUCTION
This spacecraft design project is the output of AE 4871, an advanced spacecraft

design course taught as the culmination of the Space Engineering Curriculum at the Naval
Postgraduate School (NPS). The intent of the course is to provide students with both
satellite system and subsystem design experience as well as the experience of working on a
project team. Due to the small number of students taking the course in 1990 (6), each
student was given responsibility for one primary subsystem and to assist in at least one
other subsystem. The Naval Research Laboratory, Washington D.C., was again asked to
augment the Naval Postgraduate School faculty. Analysis and design of each subsystem
was done to the extent possible within the constraints of an eleven week quarter and
considering the limited number of team members.

Rather than pursue an academic design for this year's course, the project team at the
suggestion of the instructor, Professor Brij Agrawal, decided instead to design a
multimission spacecraft bus based on a Statement of Work issued by Defense Advanced
Research Projects Agency (DARPA). The SOW called for a " proposal to design a small,
low cost, lightweight, general purpose spacecraft bus capable of accommodating any of a
variety of mission payloads. Typical payloads envisioned include those associated with
meteorological, communication, surveillance and tracking, target location, and navigation
mission areas”. The two payloads chosen for the Multipurpose Satellite (MPS) bus design
were a multi-spectral meteorological payload called the Advanced Very High Resolution
Radiometer (AVHRR), and an EHF communications package. MPS was designed with
excess internal volume to expand easily and also to be able to accommodate future,

unspecified payloads in the other mission areas.



A. BUS DESCRIPTION

The thrust of this project was to design not a single spacecraft, but to design a
multimission bus capable of supporting several current payloads and unnamed, unspecified
future payloads. Spiraling costs of spacecraft and shrinking defense budgets necessitated a
fresh look at the feasibility of a multimission spacecraft bus. The design team chose two
very diverse and different payloads, along with them two vastly different orbits, to show
that multimission spacecraft buses are an area where indeed more research and effort needs
to be made. Tradeoffs, of course, were made throughout the design, but optimization of
subsystem components limited weight and volume penalties, performance degradaton, and
reliability concerns. Simplicity was chosen over more complex, sophisticated and usually
more efficient designs. Cost of individual subsystem components was not a primary
concern in the design phase, but every effort was made to chose flight tested and flight
proven hardware. Significant cost savings could be realized if a standard spacecraft bus
was indeed designed and purchased in finite quantities.

Throughout this document, justification for subsystem choices will be made where
clarification is necessary. Detailed analyses in all subsystem areas can be found in the
appendices. The AVHRR and the EHF comm payloads previously mentioned were
suggested by DARPA as typical payloads and the launch vehicle was given as PEGASUS,
the new air-launched vehicle built by Orbital Science Corporation and the Hercules
Aerospace Company. This choice of launch vehicle constrained the volumetric dimensions
of the bus. In order to get the AVHRR payload to its design altitude of 450 NM and
98.75°% inclination, Pegasus performance characteristics limited the bus and payload to
350 Ibs. This fact constrained the MPS bus mass to approximately 285 1bs. Every effort
was made to get the EHF package into the Pegasus shroud and to boost it to an 8 hour
Molniya type orbit. Unfortunately however, performance limitations would not allow this

1o be done without launching a marginally capable spacecraft. Orbital Sciences Corporation



has already recognized this need and has a fourth stage/perigee kick motor for Pegasus in
the works. Until the advent of this modification though, design work on the EHF payload
assumed that TAURUS, the small Standard Launch Vehicle (SSLV) would be the launch
platform.

The Multipurpose Satellite bus is modular in the fact that the various payloads
would "bolt on" the earth face and several other components could also be removed, added
or modified according to the payload's needs. Because of the SOW's requirement that the
spacecraft be able to launch within 72 hours, this modularity is limited to select equipment.
Equipment such as the one million dollar plus celestial sensor and the solar array panels are
examples. The expensive star sensor would be installed only on missions that necessitated
high degree of pointing accuracy. The number of solar array panels would depend on the
power requirements of the mission payload and the orbit. Fuel would be added in the
amount required, if any, just prior to launch.

The MPS bus, regardless of the payload, is a 3 axis stabilized, nadir pointing, dual
solar array spacecraft. The various payloads would attach to the earthface of the bus in the
orientation necessary for that payload. The basic bus is a rectangular aluminum frame 32"
x 28" x 23" with five load supporting panels (four sides and anti-earth face). Attitude
control is maintained with a 4 reaction wheel system to accommodate the vast number and
types of possible orbits. One wheel is placed on each of the primary axes and a standby
wheel 45° from each axis is also installed. Two magnetic torque rods are installed to
unload the reaction wheels.

Pointing accuracy to + .01° is necessitated by the AVHRR payload. This degree of
accuracy can only be accomplished with a celestial star sensor. This extremely expensive
sensor could be removed for the EHF payload where a sun/earth sensor combination could
achieve * 0.5° pointing accuracy. The solar array subsystem consists of two 34 in. x 32
in. panels per side for these two payloads. An additional panel can be added on each side
for a future payload; if additional power is required. The arrays are single degree of

3



freedom positioned along the roll axis, and can rotate about this axis to maximize sun
angle. With the EHF package installed, the satellite rotates about its yaw axis so as o
maintain the solar panel axis (roll axis) normal to the sun while providing maximum solar
power efficiency. This yaw motion provides a second degree of freedom for the solar
arrays.

The Electric Power Subsystem (EPS) is taken from the High Latitude
Communication Satellite design, NPS's 1989 design course project, with few exceptions.
The 28 volt single bus, the sixteen 12 Amp-hour batteries and the power converter
equipment remain the same. The solar array area has changed however because of the
different orbits, the different power requirements, and the different launch vehicle
influencing the stowed configuration. Thermal control was designed to be completely
passive. Because most of the support equipment is on continually, thought was given to
distribute high power dissipators so that the bus's internal temperature was uniform. The
payloads are by far the biggest power dissipators and are provided with their own
radiators. The AVHRR radiator is part of the payload and is positioned to radiate to deep
space 180° from the sun. There is an additional radiator mounted on the bus to radiate
thermal energy from the internal equipment to supplement the radiator on the AVHRR. The
EHF payload, on the other hand, is configured with optical solar reflectors (OSR) along the
north face of its Earth face panel. Because of the different orbits, various coverings/paint
schemes and insulation will have to be used.

The propulsion system consists of a single 16 inch diameter hydrazine tank with a
nitrogen diaphragm blow down system. Six 0.2 Ib thrusters are located to desaturate the
reaction wheels (secondary to magnetic torque rods), for orbit maintenance, for orbit
stationkeeping, minor orbit changes or ASAT avoidance. The weight penalty incurred if

the payload does not require a propellant/propulsion system is considered minimal.



B. PAYLOAD OVERVIEW
1. Advanced Very High Resolution Radiometer (AVHRR)

The AVHRR is an operational radiometer designed to provide meteorological data
from the year 1990 to the year 2000. The AVHRR scans the earth's surface several times
each day in the spectral regions from 0.7 to 0.12 microns. These six spectral bands can be
downlinked in either high or low resolution modes. Operating 24 hours a day, the
AVHRR can provide land, water, and cloud imaging; sea surface temperature; and ice
concentration and coverage.

The AVHRR would be launched by Pegasus into a 450 NM (833 km) 0830
descending or 1530 ascending sun synchronous orbit at a 98.75° inclination. Orbit period
is 101 minutes with worst case 37 minute eclipse occurring during the summer. Average
eclipse time is on the order of 33 minutes. The AVHRR is mounted on the earth face so
that the bus is nadir pointing and the bus is 'flown' so that the solar arrays are positioned
along the roll axis. Rather than incurring an increase in the cost and complexity of two
degree of freedom solar arrays, the solar arrays are single degree of freedom and oversized
to to compensate for the cosine effect of the sun's rays in relation to the orbit plane.
Although the AVHRR requires only a nominal amount of power, the fact that it is in eclipse
for greater than one third of its orbit necessitates a large power requirement for battery
charging. Negligible radiation damage and orbit altitude degradation is experienced at 450
NM. The MPS bus with the AVHRR mounted is depicted in Figure 1.1.
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\ yaw
f AVHRR

Sun Tracking Solar Array

FIGURE 1.1 MPS Bus in AVHRR Configuration

2. Extremely High Frequency (EHF) Mission

The EHF payload is to be used to supplement the existing communication facilities
of the operational forces in time of crisis. The payload was designed to be quickly mated
with the MPS bus and launched within 72 hours. The antenna/feedhorn arrangement was
designed and provided by Lincoln Laboratory.

The EHF communications payload is to be launched by Taurus (SSLV) into a six,
eight, or twelve hour Molniya type orbit. For this design, an eight hour Molniya type orbit
was chosen with a 500 km perigee and a 27,000 km apogee. Worst case eclipse for this
orbit is 52 minutes. The EHF payload consists of a 32" x 28" x 6" structural box that
supports the EHF antenna structure and houses the EHF R/T and the TT&C equipment.
The EHF and TT&C antennas and the earth sensor are located on the earth face of this box

that is affixed to the earth face of the MPS bus. Optical solar reflectors are mounted on the
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north face of the structural box and provide the necessary cooling for the travelling wave

tube amplifiers (TWTA). The solar array configuration for the EHF consists of the same

panels as the AVHRR. The MPS bus with the EHF payload is depicted in Figure 1.2

'4 192" +|

EHF Feedhorn Assembly
Variable Beamwidth Antenna

FIGURE 1.2 MPS Bus in EHF Configuration



C. LAUNCH VEHICLE DESCRIPTION
1. PEGASUS Air Launched Vehicle (ALYV)

The Pegasus air launched booster is a three stage solid propellant winged rocket
designed specifically for the insertion of small payloads into orbit. The 50 foot long, 50
inch diameter booster weighs 42,000 lbs and is carried aloft by a conventional
transport/bomber-class aircraft (B-52, B-747, L-1011). Once oriented along the desired
orbit direction, level at approximately 42,000 feet, and flying at high subsonic speed, the
parent aircraft releases the Pegasus booster. The booster freefalls with active guidance to
clear the carrier aircraft while executing a pitch-up maneuver to place it in the proper attitude
for motor ignition. After first stage ignition, the vehicle follows a lifting-ascent trajectory

to orbit. The dynamic payload envelope is detailed in Figure 1.3

Fairing Dynamic Fairing
Envelope

FIGURE 1.3 Pegasus Dynamic Shroud



2. TAURUS Standard Small Launch Vehicle (SSLV)
Taurus is a four-stage, inertially-guided, 3-axis stabilized, solid propellant launch
vehicle proposed by Orbital Science Corporation . The design incorporates a Pegasus first,
second, and third stage atop a Peacekeeper ICBM. Taurus is fully transportable with rapid

launch site establishment and launch call up. Initial performance estimates are described in

Table 1.1.
Perigee_ Apogee Period Payload Enhanced
270 nm 21400 nm 12 Hrs 194Lb 458 Lb
270 nm 14773 nm 8 Hrs 277Lb 573 Lb
270 nm 10945 nm 6 Hrs 362 Lb 694 Lb
270 nm 6658 nm 4 Hrs 542 Lb 953 Lb

TABLE 1.1 Molniya Type Orbits for SSLV Ballasted Vehicle

Because Pegasus is unable to propel an EHF payload into an 8 hour Molniya type
orbit, Taurus would be the launch vehicle of choice for this payload. The 50 inch diameter
x 90 inch long dynamic envelope of the shroud allows for the addition of a third solar array
panel per side if needed (the 46"diameter shroud of Pegasus allows only two panels per

side). The Taurus dynamic shroud is depicted in Figure 1.4.
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FIGURE 1.4 Taurus Dynamic Shroud
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The MPS bus as previously mentioned, is not alone an operational spacecraft, but 2
vehicle used in conjunction with a number of various payloads to form a spacecraft. The
bus itself as depicted in Figure 2.1, is a 270 Ib rectangular box with all the subsystems

necessary to fly a variety of orbits and missions.

Roll RWA

GPS Receive

Digital Sun
Sensor

FIGURE 2.1 Multiple Purpose Satellite Bus

The choice of equipment and its location within the bus will be detailed in the

various subsections to follow. The main feature of the bus is its ability to support a variety
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of 'bolt on' payloads. With the advent of programmable circuitry, equipment such as
reaction wheels, solar array drive motors and power control electronics can be adapted to
almost any orbit or mission. It is feasible to program the entire bus to support the payload,
regardless of the desired orbit. This programing would be performed after payload mating
to the bus and just prior to launch. Figures 2.2 and 2.3 show the earth faces of both the
AVHRR and the EHF payloads while the five load supporting panels standard to the MPS
bus are depicted in Figures 2.4 to 2.8. A side view of the folded configuration of both
payloads as well as the top view of the AVHRR is depicted in Figures 2.9 to 2.11. Lastly,

a view of the solar arrays unfolding is depicted in Figure 2.12.
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A. EQUIPMENT LAYOUTS

1. Earth Face

a. AYHRR
Figure 2.2 shows the earth face in the AVHRR configuration. Mounted also on the

earth face are the earth sensor, two dipole antenna and a six element microstrip array

antenna. Mounted on the underside of the face are the RTU and the RCU.

SHF antenna

sconning
earth sensor

&

whip antenna

FIGURE 2.2 Earth Face With the AVHRR Mounted
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b. EHE
Figure 2.3 depicts the EHF antenna structure mounted on its 6" x 32" x 28" frame.

Seen are the 22 and 44 Ghz feedhorns, the variable beamwidth antenna, two earth coverage
feedhorns and the scanning earth sensor. Unseen on the underside are the RTU and RCU
units and the EHF travelling wave tube amplifiers. Also not shown in this diagram are the

optical solar reflectors located on the north face of this frame.

ERF
feed horns

scanning
earth sensor

reflector

9
““““

vl
o
o
>

earth coverage
~
feed horn

FIGURE 2.3 Earth Face With the EHF Payload Mounted
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2. Anti-Earth Face
Mounted on the anti-earth face are the yaw reaction wheel assembly and the 16 inch
diameter fuel tank . The fuel tank supports attach to a waistband on the fuel tank and then
again to the rectangular frame. Not depicted is a 22 inch diameter, one sixteenth inch thick
disk used to transmit the axial load of the fuel tank to the Marmon clamp assembly directly
below this panel. Also not shown on the underside of this panel is a digital sun sensor and

four thrusters. The anti-earth face is depicted in Figure 2.4.

ports

yow

l__‘r‘olL

FIGURE 2.4 Anti-Earth Face
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3. North Face
Affixed to the north face are the Global Positioning System microreceiver, the

second digital sun sensor, and the backup reaction wheel. The backup reaction wheel is

skewed 459 to the primary axes of the spacecraft. The north face is shown in Figure 2.5.

-

\, oackup RWA

digital sun senso

GPS receiver

]

FIGURE 2.5 North Face
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4. South Face
Attached to the south face are the celestial sensor assembly and pitch reaction wheel

assembly. The south face is depicted in Figure 2.6.

?

yow pitch RWA

star sensor

< 23" )‘

FIGURE 2.6 South Face
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5. East Face

Mounted on the east face are the roll reaction wheel assembly, a solar array drive
motor (SADM), the gyro assembly, and the attitude control computer. In addition, two

thrusters are mounted through this face. The east face is depicted in Figure 2.7.

Roll RWA

Gyro Assenrkly

Thruste~
rotl

pitcn

yow

Attitude Control Computer

FIGURE 2.7 East Face
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6. West Face
The west face has mounted to it a SADM, the power control electronics, and sixteen
NiH2 battery cells. The batteries are contained in eight common pressure vessels but are

depicted as a box for simplicity. The west face is depicted in Figure 2.8.

NiH2 Botteries |

! SADM

28"

rcll pitch

yow

Power Contro! Electronics

FIGURE 2.8 West Face
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7. Stowed Configuration
a._AYHRR
The launch vehicle for the AVHRR is Pegasus. A stowed AVHRR is shown in the

Pegasus dynamic shroud in Figure 2.9. A top view of the AVHRR in the Pegasus
dynamic shroud is depicted in Figure 2.10.

—T

FIGURE 2.9 Side view of MPS Bus w/AVHRR Payload in Folded Configuration
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46 inch diameter
Dynamic Shroud

FIGURE 2.10 Top view of MPS Bus w/AVHRR Payload in Folded Configuration
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FIGURE 2.11 Side view of MPS Bus w/EHF Payload in Folded Configuration
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Figure 2.12 depicts the MPS bus deploying its solar arrays. The solar arrays are
affixed to the east and west faces of the Bus, but are folded over onto the north and south
faces while in the stowed configuration. The two solar panels per side are stowed such that
the solar cells are positioned outboard, in the event that electrical power is needed prior to
their deployment. The Y shaped yokes provide a 16 inch clearance from the bus. This

view is looking at the anti-earth face, with the marmon clamp assembly clearly visible.

FIGURE 2.12 MPS Bus with Solar Array Deploying
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B. SPACECRAFT BUS CONFIGURATIONS/SUMMARIES

The basic spacecraft bus just described is used with payloads that will have
different power, structural and propulsion requirements. A mass, electrical power, and
propellant summary is provided in Table 2.1 through Table 2.4 describing the requirements
for the AVHRR and EHF payloads. Fuel loads are assumed to be nominal.

1. Mass Summaries

AVHRR EHF COMM
SUBSYSTEM Mass (kg/lb) | Mass (kg/lb)
Mass of S/C structure 20.75 / 45.75 27.13 / 59.81
Dry Mass Reaction Control System 15.20 / 33.51 15.20/ 33.51
Mass of Attitude Control System 24.72 / 54.50 21.55/47.51
Mechanical Integration Mass 1.00/2.20 1.00/2.20
Electrical Power Subsystem Mass 37.06 / 81.70 37.06 / 81.70
Thermal Control Subsystem Mass 2.54 / 5.60 5.50/12.13
Telemetry and Control Mass 4.50 /992 4.50/9.92
Payload 29.32/64.64 38.18 /84.17
Mass Margin 13.51/29.78 15.01 / 33.09
Dry Spacecraft Mass 135.09 /297.82 | 150.12 / 330.96
Propellant/Pressurant 11.02 /24.29 13.02/28.70
Spacecraft Mass At Separation 159.62 /351.89 | 178.15/392.75

TABLE 2.1 Mass Summary Comparison




2. Electrical Power Summaries

Normal Ops | Launch/Ascent Activation Eclipse

W) (W) W) (W)
Battery Charging 76.0 0.0 0.0 0.0
TT&C 11.2 11.2 11.2 11.2
Attitude Control 54.0 4.1 54.0 54.0
Sun/Earth/Star Sensors 4.4 0.0 4.4 4.4
Propulsion 6.1 42.1 42.1 0.0
Solar Array Drives 10.0 0.0 10.0 0.0
Power Control 4.1 2.0 4.1 4.1
Bus Harness Losses 4.0 3.0 3.0 3.0
Payload 28.0 4.0 4.0 28.0
System Reserve 4.0 0.0 0.0 0.0
Total 201.8 66.4 132.8 104.7
EOL w/ cosine effect 313.9

TABLE 2.2 Electrical Power Summary - AVHRR
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Normal Ops | Launch/Ascent Activation Eclipse
(W) (W) (W) (W)
Battery Charging 25.0 0.0 0.0 0.0
TT&C 11.2 11.2 11.2 11.2
Attitude Control 54.0 4.1 54.0 54.0
Sun/Earth/Star Sensors 4.4 0.0 4.4 4.4
Propulsion 6.1 42.1 42.1 6.1
Solar Array Drives 10.0 0.0 10.0 10.0
Power Control 4.1 2.0 4.1 4.1
Bus Harness Losses 4.0 3.0 3.0 3.0
Payload 115.0 4.0 4.0 57.5
System Reserve 4.0 0.0 0.0 0.0
Total 237.8 66.4 132.8 150.3

TABLE 2.3 Electrical Power Summary - EHF Comm
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3. Propeliant Budget/Summary

The propellant budgets were estimated as:

AVHRR EHF
Maneuver (kg) (kg)
Stationkeeping 6.0 8.0
Orbit Maintenance 3.42 3.42
Desaturation 1.0 1.0
Margin 0.1 0.1
Orbit Deboost 0.5 0.5
Total 11.02 13.02

TABLE 2.4 Propellant Budget Summary
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u. PAYLOADS

A. AVHRR
1. Functional Description

The Advanced Very High Resolution Radiometer (AVHRR) provides data for
transmission to both Automatic Picture Transmission (APT) and High Resolution Picture
Transmission (HRPT) users. The AVHRR is a scanning radiometer which is sensitive in
six spectral regions. In these spectral regions, the payload monitors data for day and night
cloud mapping, sea surface temperature mapping, and other oceanographic and hydrologic
applications. The HRPT data is full resolution (1.1 km) while APT data is at a reduced
resolution to maintain allowable bandwidth. The APT transmission is maintained for use
by ground terminals that do not have HRPT capability (i.e. third world countries).

Specific design considerations (such as pointing accuracy and thermal control) that
are driven by the AVHRR payload are discussed later in appropriate subsystem sections.
Communications:

For the communications design considerations of the AVHRR payload; HRPT,
APT, and TT&C data must be transmitted and received in a format that is compatible with
existing TIROS HRPT ground stations. Also, the TT&C and command uplink channels
are designed to be more rigid to insure that control could always be maintained even in the
event of an attitude control failure resulting in a tumbling satellite. In order to accomplish

this, data had to formatted at the following frequencies, data rates, and modulation formats:
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Type Data Rate Carrier Freq Modulation
HRPT 665 kbps | 1.707 GHZ BPSK
APT 2 kbps 137.5 MHz AM/FM
TT&C 8.32 kbps 136.77 MHz BPSK
COMMAND 1 kbps 148.56 MHz FSK/AM

TABLE 3.1 AVHRR Channels

Table J.2 in Appendix J shows the link analysis for each of these data channels.
The design is for a 10-6 BER with a 2 dB link margin (The command uplink and TT&C
use a 3 dB margin). Free space losses at these frequencies are relatively low due to the
lower orbit of the AVHRR payload. This allowed an ample margin in the link analysis and
led to lower gain antennas and lower transmitted powers.

To transmit and receive at these frequencies, two antennas were needed because no
one antenna has a bandwidth wide enough to cover all of the carrier frequencies.

1. One antenna can cover all three of the VHF frequencies from 136-149 MHz. It
will have to have a wide beamwidth so that the satellite will be able to receive a command
uplink if the attitude control system fails and the satellite starts tumbling. Because the
wavelengths at these frequencies are on the order of two meters and because a very low
gain antenna was acceptable, two whip antennas mounted in such a way that they would be
orthogonal to each other but parallel to the earth face were chosen as shown in Figure 2.1.
The whips are 23 inches long in order to resonate at a quarter wavelength. This gives a
low gain, lightweight antenna system with an omnidirectional beam pattern that could be

completely stowed for launch.
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2. The second antenna had to be able to transmit at 1.7 GHz with a gain of 4 dB.
(See Table 3.1 and Table J.2) The beamwidth did not have to be wide nor was a high
antenna gain needed. The design criteria was weight. With this in mind, a Microstrip

Antenna was chosen. Figure 3.1 shows one element of this antenna.

copper
eiement

rmetal

feed connection
ground plate

delectric
substrote

FIGURE 3.1 Microstrip Element

(dimensions in inches)

The advantages of a microstrip antenna are:

1. Low cost due to inexpensive mass production
procedures.

2. Very thin and conformal to the earth face of the
satellite.

3. Negligible weight

4. Surprisingly efficient (typically 80% - 90%)

5. Very reliable since the antenna is essentially one

continuous piece of copper. The most common failure
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is at the point where the feed pin is soldered to the
microstrip element.

The metal ground plate for this antenna is simply the aluminum earth face of the
satellite. The dielectric substrate is teflon-fiberglass which is commonly used. The
microstrip element is copper etched from one side of a printed circuit board. The
dimensions and characteristics of this antenna follow:

Bandwidth: The bandwidth is a function of the thickness of the dielectric substrate

by the following formula:

BW=4f'lT/—§§ (3.1)

With a thickness of .005 inches, the bandwidth is 1.849 MHz which more than adequately
covers the signal bandwidth of 1.33 MHz.
Length (L): The Length of the microstrip element is roughly one-half of the

wavelength through the dielectric substrate as calculated with the following formula:

L =0.49 Ao (3.2)

Ve,

where €r = 2.45 and Lo = 6.69 inches. Therefore L = 2.095 inches.

Width (W): The width of the microstrip element must be less than a wavelength in
the dielectric. The width was chosen to be 1 inch.

Array Dimensions: In order to get sufficient gain, six microstrip elements were

needed in an array as shown in Figure 3.2.
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FIGURE 3.2 6-Element Microstrip Array

(dimensions in inches)

Gain (G): The gain of the antenna can be approximated with the following formula:

4mA
Gain = 10 log — - 5 (D1 + D2)
A

[s]

(3.3)

where A = D1*D3, D) = effective width of array, Dy = height of array, and a =

attenuation ( 0.4 dB/ft fora S0 W microstrip line on 1/32 in Teflon fiberglass at 2.2 GHz)

D; = 4.2 inches
D, = 3.02 inches
A = 12.684 inches

therefore G = 4.072 dB which is adequate to close the link.
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B. Extremely High Frequency (EHF)

The basic design for the EHF Payload is shown i

antennas required to support the ¢

receiving CO

Attitude
Control

Comm Antennas

Repeater

TT&C

—>

n Figure 3.3. It includes the

ommunications payload, an attitude control package

mmands from the RCU, a communications repeater and a TT&C package.

_——9 Telemetry & Tracking

communications Downlink

Communications Uplink

Command Uplink

Tracking Beacon
(Lf needed)

FIGURE 3.3 EHF Payload Configuration
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1. EHF Bandwidth Allocation

The payload was designed to be compatible with MIL STD 1582 at the unclassified
level. This drove the selection of uplink and downlink frequencies as well as bandwidth,
modulation techniques and several other circuit parameters. Figure 3.4 shows what the
signal waveform will look like. The signal has a bandwidth of 7.84 MHz. This waveform
will be hopping at a rate of 3000 hops per second over 255 different hop frequencies. This
fills a bandwidth of 2 GHz as illustrated in Equation 3.4 where B is the total bandwidth and
b is the bandwidth of a single hop. The resultng processing gain is 24.06 dB as shown in
Equation 3.6. This translates as immunity to jamming since, even though the signal only
takes up a bandwidth of 7 84 MHz, the jammer would have to jam a significant portion of
the 2 GHz bandwidth in order to cause real damage to the integrity of the link. Frequency
hopping also provides protection from multipath fading since, by the time a signal could
reach the antenna by an alternate path to introduce fading, the transmitter will have already

hopped to a different frequency.

Number of hop frequencies = % =255 3.4)
b = 245 KHz * 32 channels = 7.84 MHz (3.5
Processing gain = 10 log % = 24.06 dB (3.6)
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FIGURE 3.4 EHF Bandwidth Allocation

Figure 3.4 shows that the signal will contain 32 channels where the center
frequencies are spaced 245 KHz apart. This gives a channel bandwidth of 7.84 MHz as
shown in Equation 3.5. With a data rate of 2.4 kbps, this will give a substantial guard
band and inter-symbol interference will be negligible. Of these 32 channels, 30 of them
will be used by the customer to transmit data from one earth terminal to another by a "Bent
Pipe" approach.

The satellite will not transform the data channels. However, the customer should
use FSK modulation to transmit the data. PSK requires that coherent phase knowledge be
maintained and this is very difficult in a Frequency Hopping channel. MIL STD 1582
should be consulted for the requirements for low data rate transmission. Encryption, error
correction coding, and other safeguards are required and are the responsibility of the

Customer.
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The lowest frequency channel will be partitioned in half for telemetry downlink
signals and command uplink signals. The command check circuit pulls out the command
channel and checks for a command signal. Then the telemetry signal is inserted.

The remaining channel is used for channel acquisition so that the customer may gain
access to the link and be assigned a channel to use. Acquisition is done using acquisition
codes contained in MIL STD 1582. The Net Control Unit (NCU) monitors the acquisition
channel and reads all incoming acquisition messages. When link access is requested, the
NCU will assign the next open data channel. The customer will be given a channel which is
his to use until either party terminates the link or the link is preempted by higher priority
traffic.

2. EHF Antenna

A number of studies are ongoing in the field of EHF antennas. For example,
Electro Magnetic Sciences is building a Spherical Lens Multi-beam Antenna that will
operate 271 separate feeds. These feeds will travel through extensive switch trees to 211
ports at the lens assembly. The interesting thing about this project is that the discovery of a
flangeless interconnect method for lightweight, smaller sized switches has made it possible
to package many feeds into a much smaller package for more detailed beamforming than
was ever before possible.

Another example is the Variable Beamwidth Antenna (VBWA) that is under study
by MIT Lincoln Lab. The MPS EHF payload was designed to accommodate the Variable
Beamwidth Antenna both in weight and power requirements. The data for the Variable

Beamwidth Antenna as presented by MIT Lincoln Lab is listed below:

Weight = 14.57 lbs
Power required = 20 watts
Efficiency = 0.75%

Gain Versus Beamwidth = See Figure 3.6
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The basic idea behind this antenna assembly is to allow the capability to vary the
beamwidth of the antenna with a cluster of feedhorns in order to maintain a constant
coverage area on the earth while maximizing the gain of the antenna. For a circular orbiting
satellite with a nadir-pointing antenna there will be little advantage while onstation, but if
the satellite is in an elliptical orbit or the beam is scanning away from a nadir position, the
VBWA will allow for higher antenna gains at higher altitudes and wider beamwidths at

lower altitudes.

FIGURE 3.5 Feedhomn Arrangement

The MIT assembly as shown in Figure 2.3 has a feedhorn cluster of 19 feedhorns
arranged as shown in Figure 3.5. When the center feedhorn is the only one in operation,
the beamwidth will be 4° (to the -3 dB point) and the gain will be 32 dB. As the satellite
draws closer to the earth, a wider beamwidth will be needed to maintain the same swath
width. As this happens, power will be switched to the middle ring of feedhorns to
gradually widen the beamwidth and maintain the swath width. At some point in the orbit,

the middle ring of feedhorns will reach a maximum power and it will become necessary t0
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begin switching power 10 the outer ring of feedhorns. Once the outer ring of feedhorns
have reached maximum power, the antenna will be at a maximum beamwidth of 28° and a
minimum gain of 20 dB. The following paragraphs will discuss the operation of the
Variable Beamwidth Antenna in an 8 hour Molniya orbit as designed for the MPS EHF
payload. |

The following points of operation for beamwidth versus gain were given.

Beamwidth Gain
4° 32dB
8° 27 dB
12° 24 dB
22° 22 dB
28° 20 dB

The above data was assumed to be piecewise linear and Figure 3.6 was generated. In
actuality, the plot of beamwidth versus gain will not be linear, but this approximation will

serve to illustrate the advantages of having a variable beamwidth antenna.
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Gain VS. Beamwidth

(Using known points)
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FIGURE 3.6 Gain Versus Beamwidth
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Beamwidth VS Altitude
(for several Swath Widths)

The max beamwidtt: Is 20 degrees

\ \th min beamwidth is 4 degress.
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FIGURE 3.7 Beamwidth versus Aldtude

Figure 3.7 shows a plot of the beamwidth vs. altitude needed to maintain various
swath widths. The plot assumes a flat earth and clips at the maximum and minimum
beamwidths. It can be seen that certain swath widths can not be maintained from an apogee
of 27,358 km to a perigee of 500 km. The best case scenario appears to be the 2000 km
swath width. Itcan be achieved at a 4000 km altitude and maintained all the way to apogee
at a 4.19° beamwidth. The 1000 km swath width will reach the minimum beamwidth at
14500 km altitude, while the 6000 km swath width can not be achieved until a 12000 km

altitude and will never take advantage of the minimum beamwidth.
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Beamwidth (degrees)
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{for several Swath Widths)
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FIGURE 3.8 Beamwidth versus Time After Perigee

Figure 3.8 illustrates the requirements for beamwidth versus time after perigee that

will have to be programed into an onboard processor to maintain a desired swath width.

This processor can receive a command uplink from a ground terminal to update the antenna

operation or perhaps change to a different mode of operation.

Gain (dB)
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(for Several Swath Widths)
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FIGURE 3.9 Gain Versus Altitude
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Gain VS Time after Perigee
(for Several Swath Widths)
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FIGURE 3.10 Gain Versus Time After Perigee

Using the information from Figure 3.6 about the behavior of the antenna gain with
changing beamwidth, Figure 3.9 and 3.10 are generated to show what will happen to the
gain as a function of altitude and time after perigee.

3. Pointing Losses

One problem that should be considered when designing an antenna satellite system
is the possibility of losses due to pointing inaccuracies or pointing losses. These losses are

usually considered in the earth station, but they should also be considered in the satellite.
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FIGURE 3.11 Pointing Losses

Figure 3.11 shows an illustration of what constitutes pointing losses. From this
illustration, it can be seen that pointing losses are a function of the off axis angle from the
target. For the VBWA, the shape of the beam obeys a Gaussian equation (as calculated in

Equation 3.7) for each feedhorn. Therefore this equation can be used to analyze the
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pointing losses for the satellite operating at its minimum beamwidth. The wider
beamwidths will exhibit a flatter beamshape giving lower pointing losses and therefore the

minimum beamwidth will be the worst case.

G = G, e*®? (3.7

Figure 3.12 shows the shape of the beam as a function of off axis angle. It canbe
seen that an off axis angle of 2° gives 3 dB of pointing losses. The pointing accuracy
should be maintained at less than 1° to ensure a good link margin. In satellite design it is
easier to maintain low roll and pitch errors than it is to maintain low yaw €rrors. MPS is
designed to have a roll error of 0.1°, a pitch error of 0.1°, and a yaw error of 0.5°. Most
of the pointing losses for MPS will be due to yaw error. Since the satellite will most often
be nadir pointing and since the beamshape is symmetric about its center axis, yaw error will
have no effect on pointing losses most of the time. However, the antenna reflector
assembly does have two degrees of freedom and can scan up to 50° off the nadir. When
the reflector is not nadir pointing, yaw error will give some pointing losses. To see this
effect, first use Equation 3.8 to convert max yaw error (¢) and scan angle () into off axis
angle (). Figure 3.13 shows the pointing losses as a function of scan angle for various
yaw errors. The worst case scenario for MPS is when yaw €rror is at 0.5° and the antenna
reflector is scanning out to 50°. From Figure 3.13, this translates to a pointing loss of

-3.3(10-9 dB. Therefore, pointing losses from the MPS Bus should not be a problem.

sin2 (y) (1 - cos @) = (1 - cos 0) (3.8)
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FIGURE 3.12 Gain Versus Off Axis Angle
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FIGURE 3.13. Gain Versus Scan Angle
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4. EHF Communications Repeater
The Communications Repeater will perform the following functions:
1. Receive a 44 GHz signal with a 2 GHz bandwidth.
2. Down convert the signal to an IF frequency that will
still allow for 2 GHz bandwidth.
3. Demodulate the frequency hopping pattern.

4. Down convert to another IF frequency.

w

Check the signal for a command uplink signal and send

it to the TT&C package.

Check the signal for an acquisition control message and act accordingly.
Incorporate a telemetry downlink signal.

Up convert the signal to 20 GHz.

o N

Frequency hop the signal back to 2 GHz bandwidth.
10. Amplify the power up to 20 watts.
11. Transmit a 20 GHz signal with a 2 GHz bandwidth.

Figure 3.15 shows a simple block diagram of the communications repeater. It can
be seen that each of the above requirements are met. The signal is received from the
antenna and amplified. Then itis downconverted to 8 GHz where it is dehopped to 100
MHz at a 7.98 MHz bandwidth. Then the command channel is filtered out and sent to the
RTU in the TT&C package. At this point, telemetry information will be inserted into the
telemetry channel of the signal for downlink to the earth station. Then the signal is
upconverted to 20 GHz. The signal is then frequency hopped back to 2 GHz bandwidth
and amplified for transmission to earth.

The repeater has two Traveling Wave Tube Amplifiers (TWTA's) for redundancy.
Figure 3.14 shows the operating characteristics of this amplifier. It can be seen from the
figure that the optimum operating point is at the peak of the curve. If the input power
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varies either way (especially to the right), a loss of efficiency will result. For this reason,
each TWTA is preceded by a hard limiter to insure that the input power stays at the

operating point.

Pout A

Op Point 3

Pin

FIGURE 3.14 TWTA Characteristics

Within the Communications Receiver are several more complicated circuits that are

shown in Figures 3.16, 3.17, and 3.18. These circuits are discussed in more detail.
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5. Dehop Circuit

Figure 3.16 shows a block diagram of the dehopping circuit. The hopping signal
comes into the circuit with a bandwidth of 2 GHz which consists of 255 different hop
frequencies. The trap filter is a narrow band filter that is waiting for one particular hop to
occur. When the target hop occurs, the signal is sent to the envelope detector which is
essentially a low pass filter whcré the signal will become a pulse that is the same duration
as the target hop. The threshold detector takes the energy present within the target hop
band and sends a short pulse to the feedback shift register (FSR) that will reset it to the
location in the hop code that corresponds to the target hop. The incoming signal is now

synchronized.
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FIGURE 3.16 Dehopping Circuit

The FSR is an 8 bit device which is constructed using a modulo two addition
between the output and input to create an 8 bit pseudorandom code that is non repeating for
a 255 step cycle. This 8 bit code is sent through a digital to analog converter (DAC) where
it becomes a 255 level voltage hopping signal. This signal is sent to the voltage controlled
oscillator (VCO) which operates around 8.1 GHz to convert the signal that is hopping in

voltage to a signal that is hopping in frequency. This signal is mixed with the received
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signal. Since the hops are perfectly synchronized, the difference frequency out of the

mixer will occur at 100 MHz and will be dehopped.

6. Command Check Circuit

Figure 3.17 shows a block diagram of the command check circuit. This circuit
filters out the the command channel.and modulates it to 1.763721 GHz before sending it to
the TT&C package On the telemetry side of the circuit, the telemetry data from the TT&C
package is modulated to 96.21 MHz and inserted in the received signal. The RCU in the
bus will have an algorithm that is dedicated to the control of the switches in the command
check circuit. This will allow the ground terminals to switch the mode of operation of the
TT&C package from the VBWA to the E/C antennas. This switching should take place at

the SHF frequencies so that further modulation is not required.
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FIGURE 3.17 Command Check Circuit

7. Hopping Circuit
Figure 3.18 shows a block diagram of the frequency hopping circuit which is
similar to the dehopping circuit except that synchronization is not necessary. The FSR
simply sends the 8 bit pseudorandom code to the DAC which sends a hopping voltage to

the VCO. The VCO (centered about 4 GHz) sends a frequency hopping signal to the mixer
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where the signal is frequency hopped to 2 GHz bandwidth and upconverted to 20 GHz for

transmission.

>

VvCO

DAC

FSR

CLOCK

FIGURE 3.18 Hopping Circuit
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IV. ORBITAL DYNAMICS

A. SELECTION OF ORBITS

Payload AVHRR EHF
Communications

Orbit Type Sunsynchronous Molniya
Period 101.5 min 8 hr
Semimajor Axis 7212 km 20,307 km
Eccentricity 0.0 0.661
Inclination 98.75 deg 63.43 deg
Ascending Node 3:30 PM/8:30 PM N/A
Argument of Perigee N/A 270 deg

TABLE 4.1 Summary of Orbital Parameters

1. AVHRR

Orbit choices are naturally driven by the mission. In the case of the AVHRR, the
mission is IR scanning and the sensor is designed to operate at 450 nautical miles altitude.
To make the sensor useful everywhere in the orbit, the altitude has to be constant. These
requirements dictate a circular orbit. Table 4.1 contains values for the period, semimajor
axis, and eccentricity of this orbit. Because the orbit is circular, argument of perigee is
undefined. The desire for global coverage coupled with the low altitude lead to a highly
inclined orbit. Careful selection of the inclination produces a sunsynchronous orbit.

Finally, spacecraft currently performing missions similar to the AVHRR mission locate
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their ascending nodes within a couple of hours of the earth's terminator line (the line which
separates the sunlit side from the dark side). This design follows suit and is within two

and a half hours of the terminator line. This information is also provided in Table 4.1.
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2. EHF

The EHF Communications mission produced an entirely different orbit. The
statement of work required a Molniya type orbit. Guidance from DARPA indicated that at
Jeast tentatively, DARPA was most interested in the 8 hr orbit. Consequently, that is the
orbit that we focused on. Although geosynchronous communications satellites provide
continuous coverage over regions of the earth, their performance degrades at the higher
latitudes. This shortcoming is more noticeable as one moves along the spectrum of radio
frequencies towards higher frequencies. Therefore, we envision our EHF
Communications mission as one that addresses this deficiency in geosynchronous
missions. In order to provide high latitude coverage, we have a high inclination, a very
eccentric orbit, and perigee located at the southern most point in the orbit. The high
eccentricity gives us a longer loiter ime over the northem hemisphere. In fact, the satellite
will spend nearly 90% of its time in the northern hemisphere and almost two thirds of its
time at a high enough altitude and latitude to be providing communications service (see the
section on EHF Payload for a specific discussion). Parameters of this orbit are
summarized in Table 4.1. The orbit has a 500 km perigee altitude. The choice of
inclination was based on the critical inclination to remove rotation of the line of apsides.
Such a choice minimizes the effects of perturbations on the orbital elements making the
orbit easier to maintain. Although perigee is at 270 deg, it can just as easily be located at 90
deg if one wants coverage at the extreme southern latitudes. For purposes of this design,
northern hemisphere coverage is assumed. If one wants southern hemisphere coverage
instead, the general conclusions from the northern hemisphere analysis still apply but the

specific points in the orbit where significant events occur are rotated 180 degrees.
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B. ORBIT ANALYSIS
1. AVHRR

The AVHRR orbit analysis focused of the relationship between the satellite and the
sun. This mission uses a sunsynchronous orbit. However, such an orbit does not imply
that the geometry between the satellite and the sun is a constant. Sunsynchronous indicates
that the longitude of the ascending node moves along the earth's equator rather than
remaining fixed in inertial space. The rate of change in the longitude of the ascending node
is such that in the course of one year, the node will travel once around the equator. If the
plane of the equator and the plane of the ecliptic were coplanar, then the sun would remain
in the same relative location with respect to the orbit. Since these planes are not coplanar
the location of the sun depends on the season. The AVHRR orbit analysis was directed at

determining sun angles on the satellite, sun angles on the solar arrays, and eclipse periods.

a. Sun Angles on the Satellite

The primary motivation for this analysis is to ensure that the placement of the
AVHRR payload on the spacecraft will prevent sunlight from shining in the sensor field of
view and to prevent illumination of the thermal radiator. The basic approach is to define
vectors normal to each of the satellite's faces. These vectors are essentially the roll, pitch,
and yaw axes and their negatives. Another vector is defined to point from the satellite
directly at the sun. The angle of incidence of sunlight striking a satellite face is the angle
between the sun vector and the vector normal to the satellite face. This angle shall be
referred to as the sun angle of a particular face. If the sun angle is zero degrees, then the
sun is shining directly on the satellite face. If the sun angle is greater than 90 degrees, then
the satellite face is oriented away from the sun and has no incident sunlight.

The program developed to perform this investigation propagates the satellite

through one revolution around the earth on the first day of each season. The most extreme
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values for sun angles are not guaranteed to occur on any of these four days. However,
these days do illustrate the seasonal variation of the sun angles. Because the duration of
one orbit is 101.5 minutes and the ascending node moves 360 degrees in one year, we
made the simplifying assumption that the orbit is fixed in inertial space for the interval of
time defined by one orbit. The consequences of this assumption is that the angle between
the sun vector and the vector normal to the orbital plane remains constant. Since the
satellite's pitch axis is parallel to the orbit normal vector, the sun angle on the satellite's
pitch and negative pitch faces remains constant for that orbit. The sun angles on the
remaining four faces vary sinusoidally. All four faces experience the same sun angle
profile with the only difference being a shift in time. Table 4.2 summarizes the results on
all six faces and for all four seasons. Figure 4.1 illustrates how the sun angles on the

satellite faces vary as the satellite moves through one revolution.

Sun Angle on S/C Faces vs Orbital Position
(First Day of Winter)
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—— +Yaw
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e } | S/C Faces
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g w —— -Yaw
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90 180 270 360
S/C Location in Orbit Plane {deg)

{measured from equator)

FIGURE 4.1 First Day of Winter Sun Angles on S/C Faces vs Orbital Position
(8:30 PM Ascending Node)
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Figure 4.1 is for the first day of winter and the orbit's ascending node is at 8:30
PM. The plots for the other seasons are similar in general shape but contain a phase shift
and a change in amplitude. Figure 4.2 examines these changes by plotting the sun angle
profile on the +Roll face for the first day of all four seasons.

Sun Angle vs Orbital Position and Season
140

120

100 1% F & LT —8— Winter
—&— Spring
—&— Summer
—e¢— Fall

Note: Plot of Spring
lies directly beneath
plot of Fall

Sun Angle on +Roll Face (deg)

90 180 270 360
S/C Location in Orbit Plane (deg)

(measured from equator)

FIGURE 4.2 Sun Angle on +Roll Face vs Orbital Position
(8:30 PM Ascending Node)
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The data in Table 4.2 is for an 8:30 PM ascending node orbit.

Sun Angle on ___ Face (deg)
Arg. of
Latitude | + Pitch | - Pitch | +Roll | -Roll | +Yaw | - Yaw
(deg)
First 25} 141.2 38.8 91.2 88.8 51.3] 128.7
Day of 115 141.2 38.8 51.3] 128.7 88.8 91.2
Winter 2051 141.2 38.8 88.8 91.2] 128.7 51.3
295| 141.2 38.8] 128.7 51.3 91.2 88.8
First 80| 141.6 38.4 51.7] 128.4 90.8] 89.250
Day of 170] 141.6 38.4 90.8 89.21 1284 51.7
Spring 260 141.6 38.4] 1284 51.7 89.2 90.8
3501 141.6 38.4 89.2 90.8 51.7} 128.4
First 50{ 1312 48.8 41.2] 138.8 91.6 88.4
Day of 1407 131.2 48.8 91.6 88.4| 138.8 41.2
Summer 230] 131.2 48.8] 138.8 41.2 88.4 91.6
310 131.2 48.8 88.4 91.6 41.2] 138.8
First 80| 141.6 38.4 5171 128.4 90.8| 89.250
Day of 170] 141.6 38.4 90.8 89.2] 1284 51.7
Fall 2601 141.6 38.4f 128.4 51.7 89.2 90.8
350f 141.6 38.4 89.2 90.8 51.71 1284

TABLE 4.2 Sun Angles on Satellite Faces for an 8:30 PM Orbit




Argument of latitude is the angle from the ascending node to the satellite position
measured in the direction of satellite motion. Table 4.2 lists four values for argument of
latitude for each of the four orbits. The values listed in the table are the locations in the
orbit where one face experiences a minimum sun angle for that orbit and its opposite face
experiences a maximum sun angle. Notice that the orbit locations of the minimum and
maximum sun angles vary with season as well as the values of the sun angles. This
behavior is because the orbit does not maintain constant geometry with respect to the sun.
The orbit is precessing around the earth's spin axis while the motion of the sun with respect
to the earth is inclined 23.5 degrees. This disparity is irrelevant at the equinoxes when the
earth's spin axis is perpendicular to the sun vector which lies in the plane of the equator.
Notice that the table entries are identical for the equinoxes. In addition, the plots for Spring
and Fall in Figure 4.2 lie one on top of the other. The most surprising data is that at the
solstices. Because the orbit is sunsynchronous and retrograde, the orbit plane is closer to
being parallel with the plane of the ecliptic during summer than during winter. That
geometry makes the minimum and maximum sun angles more extreme in summer. One
might expect that winter would represent the other end of the spectrum. However, the
values for winter are very nearly the same as those for the equinoxes. This result is caused
by a combination of the sunsynchronous nature of the orbit and the ascending node's
displacement away from the terminator line. If the displacement had been zero, then winter

would represent the other extreme.
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Arg. of Sun Angle on ____ Face (deg)

Latitude | + Pitch | -Pitch | +Roll | -Roll } +Yaw | - Yaw
Season | (deg)_

First 65 141.2 | 38.8 128.7 | 51.3 88.8 91.2
Day of 155 141.2 | 38.8 88.8 91.2 51.3 128.8
Winter 245 141.2 | 38.8 51.3 1287 | 91.2 88.8
335 141.2 | 38.8 91.2 88.8 128.8 51.3
First 10 141.6 | 38.4 89.3 90.7 128.4 51.7
Day of 100 1416 | 38.4 128.4 | 51.7 90.7 89.3
Spring 190 141.6 | 38.4 90.7 89.3 51.7 128.4
280 141.6 | 38.4 51.7 1284 | 89.3 90.7
First 40 131.2 | 48.8 88.4 91.6 138.8 | 41.2
Day of 130 131.2 | 48.8 138.8 | 41.2 91.6 88.4
Summer | 220 131.2 | 48.8 91.6 88.4 41.2 138.8
310 131.2 | 48.8 41.2 138.8 88.4 91.6
First 10 141.6 | 38.4 89.3 90.7 128.4 51.7
Day of 100 141.6 | 38.4 1284 | S51.7 90.7 89.3
Fall 190 141.6 | 38.4 90.7 89.3 51.7 128.4
280 141.6 | 384 51.7 128.4 89.3 90.7

TABLE 4.3 Sun Angles on Satellite Faces for a 3:30 PM Orbit
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Table 4.3 presents the same information as Table 4.2, but the orbit under
consideration has its ascending node at 3:30 PM. The two possible locations for the
ascending node are symmetrical with respect to the terminator line. This geometry causes
the values for the sun angles to be the same regardless of which of the ascending nodes is
being used. The orbit locations for the specific sun angles vary but not the values for the
sun angles. Close comparison of the values in the two tables will tun up some differences
in the tenth's digit. One can attribute this to the method for generating the data rather than
the physics of the problem. The data was generated by propagating the satellite through its
orbit in five degree steps. The sun angles are only available at these points. Rerunning the
program with a finer resolution should produce identical sun angles for orbits that are

symmetrical about the terminator line.

ngles on 1

The next area of investigation concerns the sun angles on the solar arrays. The
solar arrays can rotate freely about the roll axis. To obtain the maximum amount of power
out of the solar arrays, they need to rotate in a manner that minimizes their sun angles.
These calculations were performed by the same program as was used to generate the sun
angles in the previous section. Ateach evaluated point in the orbit, the same sun vector is
still valid. That sun vector and the satellite roll axis define a plane. Let's refer to that plane
as the sun vector roll axis plane (SVRA Plane). The solar arrays have a normal vector
hereafter referred to as the solar array normal vector (SAN Vector). The sun angle on the
solar arrays is minimized when the SAN Vector lies in the SVRA Plane. A vector normal
to this plane is easily obtained by crossing the +Roll Axis Vector with the Sun Vector.

SVRA Normal =( +Roll Axis) X (Sun Vector)

These vectors and the other elements of the solar array sun angle geometry are presented in

Figure 4.3.
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The two angles that are desired are 1) the angle that the solar arrays should rotate to
bring the SAN Vector into the SVRA Plane and 2) the sun angle on the solar arrays that
results from that rotation. The angle that the solar arrays should rotate is the angle between
the SAN Vector and its projection in the SVRA Plane. This angle is complementary with
the angle between the SAN Vector and the SVRA Normal Vector. Once the rotation angle
is found, the program rotates the solar arrays and then measures the resulting sun angle.
This angle is the minimum sun angle possible for that orbit location. Notice that this angle
is smaller than the original sun angle on the unrotated solar arrays. Two situations of
interest can be seen from Figure 4.3. The first is when the SAN Vector is in the SVRA
Plane to begin with. Under these circumstances the rotation angle will be zero degrees.
The second interesting situation is when the +Roll Axis is perpendicular to the Sun Vector.
When that happens, it is possible to rotate the solar arrays so that the resulting sun angle is
zero degrees. Because the angle between Sun Vector and the +Roll Axis is constantly
changing as the satellite moves through one orbit, the solar array rotation angle will change
as well. The profile of how the solar array rotation angle changes is illustrated in Figure

4.4.
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Seasonal Solar Array Rotation Angles
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FIGURE 4.4 Solar Array Rotation Angle vs Orbital Position and Season

As one can see in Figure 4.4, for every orbit, there are two locations in the orbit
where the solar array rotation angle is zero. These are the locations where the SAN Vector
is already in the SVRA Plane. These locations are on opposite sides of a given orbit.
Furthermore, these locations are not fixed with respect to the equator. They occur in
different places depending on the time of year. This necessitates at least a phase shift in
rotation angle profiles. There is also a change in amplitude that is seasonally dependent.
All of the plots are centered with respect to zero rotation angle. The reference orientation
for zero rotation is when the SAN Vector is parallel to the Negative Pitch Axis. Positive
rotation is defined by the right hand rule and the +Roll Axis. The lack of a constant
rotation angle profile dictates either a sensor on board the solar arrays to minimize the sun
angle or regular contact with the satellite to upload a new rotation angle profile before the

current one reduces solar array output beyond an acceptable level. Once again, the plots for
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the equinoxes are identical. The season with the largest rotation angles is Summer. This is
still because that is the season when the orbital plane is most nearly parallel to the plane of
the ecliptic. Although there are still two locations requiring no rotation, the orbital
positions 90 degrees away are worse than for any other season.

Figure 4.5 shows what the resulting sun angles are on the solar arrays if the
rotation profiles from Figure 4.4 are used. As before, Spring and Fall produce the same
plot and Summer has the largest excursion away from zero. Each orbit has two locations
where the resulting sun angle is zero degrees. The only circumstances that permit this
situation are when the Sun Vector and +Roll Axis are perpendicular to each other.
Referring back to Figure 4.2 confirms that the orbital positions that produce a sun angle of
90 degrees on the +Roll Axis are the same orbital positions that have a rotation angle of
zero for the solar arrays. Furthermore, because the plots in Figure 4.2 are centered
vertically about 90 degrees, every orbit, not just the four representing the first day of each
season, will have two points where the angle of incidence after rotation is zero. Of course,
one of those points may be in eclipse, but that issue is discussed later. When comparing
Figures 4.4 and 4.5, it is also interesting to note that the points in the orbit requiring zero
rotation of the solar arrays are also the points with the worst sun angles for that orbit. At
these points, there is not any rotation about the +Roll Axis that can improve the sun angle.
Conversely, the points that require the most rotation correspond to the locations with a
resulting sun angle of zero degrees. Finally, the values for maximum rotation in a given
orbit and worst case solar array sun angle in the same orbit are equal to each other but are
staggered 90 degrees apart. A quick check back in Table 4.2 reveals that the sun angle on
the -Pitch Face is also the same value as the maximum rotation angle and the worst case
solar array sun angle for a given day.

These scenarios can be summarized by defining a new plane. This plane contains
the Sun Vector and the Pitch Axis. Because the Pitch Axis is assumed to remain fixed in
inertial space during one orbit, this plane is also fixed. The Roll Axis completes a full 360
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degree rotation around the Pitch Axis during one orbit. Whenever the Roll Axis is
perpendicular to Sun Vector Pitch Axis Plane, the solar array rotation angle will be a
maximum and the resulting solar array sun angle will be zero. Whenever the Roll Axis is
in the Sun Vector Pitch Axis Plane, rotation of the solar arrays away from their reference
only makes the sun angle worse. The rotation angle is zero but the solar array sun angles

are a maximum. This consequence is used in developing the next program to investigate

the orbit.

Solar Array Sun Angle
vs Orbital Position and Season
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FIGURE 4.5 Solar Array Sun Angle vs Orbital Position and Season

To ensure that the solar arrays are sized large enough, the absolute worst case sun
angle on the solar arrays is required. To provide this information, a different program had
to be developed. This program propagates the earth around the sun and the orbit's
ascending node around the earth's equator. For each point in the earth's orbit, the worst

case solar array sun angle is tabulated. As mentioned above, this worst case angle is the
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same as the sun angle on the -Pitch Axis. This avoids the need to propagate the satellite
through its orbit at each of the locations of the earth. Figure 4.6 summarizes the results. It
is essentially a plot of the maximum values from the four plots in Figure 4.5 plus
intermediate values for days other than the first day of each season. The data still
represents the 8:30 PM ascending node orbit. The data points are in five degree increments

of the earth's orbit around the sun.

Worst Case Solar Array Sun Angles
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FIGURE 4.6 Worst Case Solar Array Sun Angles vs Time of Year

Figure 4.6 illustrates that for solar array sizing purposes, the worst case sun angles
occur slightly before the first day of summer. However, the value for the worst case angle

is only 0.4 degrees more than the value on the first day of summer.
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Eclipse Period

Eclipse duration influences design of the satellite most directly in terms of sizing the
batteries and the solar arrays. The same program that calculated the worst case solar array
sun angles also calculated the length of the eclipses. The program propagates the satellite
through an orbit. At each step, the program looks to see if the satellite is over the sunlit
side or the dark side of the earth. This is determined by looking at the angle between the
Sun Vector and the Satellite Position Vector. If this angle is less than 90 degrees the
satellite is above the sunlit side. If the angle is greater than 90 degrees, the satellite is above
the dark side. If the satellite is over the dark side, it is in eclipse only if the component of
the Position Vector perpendicular to the Sun Vector is less than the radius of the earth.
This model assumes that the earth's shadow is a uniform cylinder parallel to the Sun
Vector. By keeping track of when the satellite enters eclipse as well as when it exits, the
eclipse duration is found. The program then propagates the earth one step in its orbit
around the sun and performs the same series of eclipse calculations for this new geometry.

Results for the 8:30 PM ascending node orbit are in Figure 4.7.
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FIGURE 4.7 Eclipse Duration vs Time of Year
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These results were obtained by stepping the satellite through its orbit in 0.5 degree
increments. This produces a potcnﬁal efror in the predicted duration of just under the
amount of time required to move through one degree in the orbit. This value is less than 20
seconds. Smaller step sizes should smooth out the curve. Figure 4.8 shows how the
location of the eclipse in the satellite's orbit varies through the year. This is attributable to

the apparent motion of the sun 23.5 degrees above and below the equator.

Location of Eclipse in Orbit vs Time of Year

360 5 Y T
] Eclipse Portion of Orbit /
3 ™, \Eclipse Entry

270 \-/

S/C Location In Orbit Plane (deg)

s

a

: L

4 ]

© 180 - Sunlit Portion of Orbit

£ ]

° ]

® " \

§ . Eclipse | ™. - Eclipse Eclipse Exit
vvvvvvvvvv YTy rrrrTTvrrr T rrrry

E 0 90 180 270 360

Angle of Earth from Winter (deg)
(measured in plane of ecliptic)

FIGURE 4.8 Eclipse Location in the S/C Orbit vs Time of Year
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2. EHF

The analysis of the EHF Communications orbit does not require the same level of
analysis as the AVHRR orbit. The advantage that the EHF mission enjoys is that the
satellite is free to rotate around the Yaw Axis. This being the case, it is possible for the
satellite to position its solar arrays with zero angle of incidence everywhere in the orbit. An
analysis that has not been performed that probably should be done is to see what that angle
of rotation around the Yaw Axis should be as a function of where the satellite is in its orbit.
This analysis would be analogous to the solar array rotation profile for the AVHRR
mission. The analysis that was done was to find the worst case eclipse and to find the time

spent in specific altitude windows.

a. Worst Case Eclipse

Unlike the circular orbit of the AVHRR, the EHF mission's elliptical orbit means
that the satellite travels at a nonconstant angular rate. The worst case eclipse in terms of
duration is when the portion of the orbit in eclipse passes directly through the center of the
earth's shadow cylinder. This condition is a function of longitude of the ascending node.
Since we have no way of knowing in advance where a user will want the orbit placed, we
must assume that our orbit may pass through the center of the cylinder. Another necessary
condition for the worst possible eclipse is when the eclipse is centered around apogee. We
can never create that geometry because we have assumed an inclination of 63.43 degrees
and an argument of perigee of 270 degrees. Our worst case is when the portion of the orbit
in eclipse is as close to apogee as the geometry will allow. With perigee at the southern
most point in the orbit, the worst case scenario is created on the first day of winter. The
center of the eclipse occurs 113.5 degrees past perigee. The shadow cylinder cannot be
any farther north because the sun cannot be any farther south.
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The program uses an iterative approach to find the values for true anomaly which
correspond to eclipse entry and eclipse exit. At both of these points, the component of the
satellite position vector perpendicular to the sun line is equal to the radius of the earth.
Time spent in eclipse is found by converting the true anomalies of eclipse entry and eclipse
exit into eccentric anomalies and then using Kepler's equation. Specific values for the EHF

orbit are in Table 4.4.

True Anomaly at Eclipse Entry (deg) 70.587
True Anomaly at Eclipse Exit (deg) 131.715
Eclipse Duration (min) 52.079

TABLE 4.4 Eclipse Duration for EHF Mission

b. Altitude as a Function of Time

The principle motivation behind this analysis is to permit an estimate of the radiation
environment on the solar arrays. This analysis is necessary because the radiation
environment is dependent on altitude and on the amount of time the spacecraft spends at
that altitude. This program simply accepts an altitude step size from the user and then
breaks the orbit from perigee to apogee into segments. Each segment, with the possible
exception of the first and last, represents a change in altitude specified by the user. Similar
to the eclipse calculations, these satellite position radii can be converted into true anomaly,

eccentric anomaly, and a time from a reference. Results are depicted in Figure 4.9.
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FIGURE 4.9 Time Since Perigee vs True Anomaly

As the slope of the curve in Figure 4.9 increases, so does the time spent near that
altitude. Obviously, near apogee represents the longest loiter time. Since the figure is valid
from perigee to apogee, total time spent in an altitude window during one orbit is twice the
value off of the graph. Time spent in an altitude window during one day is six times the

graph value, and so on.

C. ORBIT MAINTENANCE

Orbit selection for both missions was done so as to eliminate the orbit maintenance
requirements. The AVHRR mission is patterned after an existing system. The Defense
Meteorological Satellite System (DMSP) uses the same orbit as the AVHRR mission.
DMSP has several payloads, one of which is very similar to AVHRR. DMSP performs no

orbit maintenance during its lifetime. Because any changes in the orbit as a result of natural
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perturbations seem to be acceptable to the present DMSP user community, the AVHRR
mission will also include no orbit maintenance.

The EHF communications mission has an inclination of 63.435 degrees. This
value is the critical inclination that prevents the line of apsides from changing. Perigee is
located at the orbit's southern most point to give good coverage in the northern hemisphere.
Perturbation analysis was performed using zonal harmonics J2 through J7. The results of
this analysis indicate that the orbit changes very little over the course of a satellite's lifetime.
Perigee will rotate completely around the orbit in about 500 years. Our mission design life
is only three years. During the mission lifetime, perigee will move less than 2.5 degrees.
The change in inclination and eccentricity are likewise very small during a satellite's
lifetime. Both of these changes are periodic. Results are summarized in Table 4.5. The
table shows how the values are altered if inclination is within 0.1 degrees of nominal. The
delta columns show how far inclination and eccentricity will change from their original

values. Orbit maintenance fuel is not needed to counter any of these perturbations.

Inclination Period (years) Ai (deg) Ae
63.335 243.2 0.2 0.006
63.435 377.4 0.3 0.002
63.535 262.9 0.15 0.004

TABLE 4.5 Perturbations on EHF Mission Orbit

75



Y. SUBSYSTEMS

A. ELECTRICAL POWER SUBSYSTEM
1. Functional Description

The electrical power subsystem (EPS) will provide power to the spacecraft for the
AVHRR and EHF payloads. The AVHRR payload will require continuous power during
all phases of the mission, while the EHF communications equipment requires operating
power when the spacecraft is 20° above the horizon and housekeeping power during the
entire orbit. In addition to supplying power for the payloads, the EPS will be required to
support electrical accessories such as the power control electronics; telemetry, tracking, and
control (TT&C); sensors; and propulsion systems.

In general, the electrical subsystem will consist of solar panels of silicon
photovoltaic cells and Ni-H; batteries. The spacecraft bus will operate off a single 28 volt

bus. Power summaries of each configuration are listed in Table 5.1.

ELEMENT AVHRR (W) EHF (W)
MPS Bus Subtotal 166.4 114.8
Mission Instruments 28.0 115.0
MMS Hamess Loss 4.0 4.0
System Reserve 4.0 4.0
Satellite Total 201.8 237.8
With cosine effect 313.9 n/a

TABLE 5.1 System Power Summaries (Normal Operations)
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a. Solar Array Design

The MPS bus was designed to have two symmetric solar arrays of either two or
three panels each. The Pegasus shroud will only be able to accommodate two panels per
side while the Taurus shroud will accommodate three. The AVHRR and EHF
configurations require two solar arrays of two panels each. The solar arrays on the EHF
payload will be sun tracking to maintain panel orientation perpendicular to the sun’s rays.
This is accomplished through freedom of movement about the longitudinal axis of the
arrays and through satellite rotation about the yaw axis. The AVHRR solar panels will, as
nearly as possible, be oriented perpendicular to the sun’s rays. The AVHRR operational
requirements do not allow for the rotation of the spacecraft about the yaw axis. Therefore
some loss of potential power is introduced due to the effect of the angle of incidence which
reaches a maximum of 50°.

Silicon cells were chosen for cost and reliability, the cells selected were the same as

those used in INTELSAT VI and are described in Table 5.2.
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HARACTERISTICS K7 SICICON CELL
Power BOL (28°C) (mW) 307.8
Power EOL (28°C) (mW) 230.8
BOL
Imp (A) 0.644
Vip (V) 0.478
I, (A) 0.6887
Ve (V) 0.590
1ze (cm) 25X 6.2
ickness (cm) 0.02
Matenal S1
Base Resistivity 10/N/P
Q-cm/type
Front junction depth (m) 0.2
Back surface field Yes
Back surface reflector Yes
ontact metallization TiPdAg
Front contact width (cm) 0.06
Antreflective coating T;0,A1,03
over type cmx microsheet with
antireflective coating
Cover thickness (cm) 0.021
Cover adhesive DC 93-500
Cover front surface Textured

TABLE 5.2 Solar Cell Characteristics

Using the data from Table 5.1 and the cell characteristics from Table 5.2, the actual
array panel area was determined and the results are summarized in Table 5.3. Supporting

calculations can be found in Appendix B.

AVHRR EHF
Number cells series 22 22
Number cells parallel 68 80
Total number cells 1496 1760
Area needed (ft®) 24.9 29.3
Area available (ft2) 30.2 30.2

TABLE 5.3 Solar Array Summaries
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b. Battery Design

The battery for eclipse power is the same as selected for HILACS, that is, 12 amp
hour nickel hydrogen battery manufactured by Eagle Picher. The battery are made in a two
cell common pressure vessel (CPV). Dimensions of each CPV are approximately 3.5
inches in diameter and 6 inches in height. Utilizing a 28 volt bus with constant current
charge, the number of CPV cells is limited to eight. NiH2 battery were chosen because of
the high number of charge/discharge cycles the bus may experience. The AVHRR payload
because of its 450 NM low earth orbit (LEO), for example, will experience over 15,000
cycles in its three year design life. The number of charge/discharge cycle this EHF payload
will experience on the other hand may only be 1000. Because the bus was designed to
accommodate these and other payloads in various orbits, the battery recharge requirements
will vary. For this reason, the recharge circuitry must have the capability to be selectable or
be comprised of modular components.

The AVHRR payload configuration draws 100.6 Watts during eclipse. Because
this eclipse is roughly one third of the orbit, the recharge rate must be high enough to
replenish the amount of power removed during the sunlight period. For a low earth orbit
satellite with numerous charge and discharge cycles, an additional 10% on top of that
power removed should also be replaced. For example, if 10 amps are drawn from the
battery for 1 hour, the recharge cycle must provide an equivalent 11 amp hour for the
charge period. Knowing the duration of the sunlight period and the power removed
determines the recharging rate. Assuming that 90% of the sunlight period was used to
recharge the battery, the AVHRR charge rate was chosen to be C/4, this is only slightly
below the maximum recommended charge rate of C/3, where C is the battery capacity in

amp-hours.
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The EHF payload utilizes only 80.7 Watts during eclipse. Because of the longer
sunlight periods and smaller power drawn, the charging rate of this configuration is only

C/10. There are seasons where the Molniya type orbit would have no eclipse and then the

battery would be trickle charged.
AVHRR EHF
Charge required 76.8 W 30.7 W
Charging rate C/aA C/10
Charge time 59 min 6.5 hrs
Available sun 64 min 7.1 hrs
Battery capacity 12 A-hr 12 A-hr

TABLE 5.4 Battery Summary

Radiation effects and shielding requirements were examined for the AVHRR's
circular orbit and the EHF’s eight hour Molniya orbit. The degradation for the AVHRR
configuration was based on an annual equivalent of 1 MeV electron fluence assuming solar
maximum for the three year mission. The eight hour Molniya orbit posed significant
challenges to the analysis of the radiation effects. Apogee for this orbit extended into the
Van Allen belts exposing the solar cells to large fluences. Appendix B lists the equivalent 1
MeV fluences in five minute increments of orbital time for this orbit. Total fluence per
orbit, per year, and three year lifetime were derived and the impact on the solar cells

calculated. The radiation effect on both orbits are summarized in Table 5.5.
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AVHRR EHF
Isc Voc, Pmax Isc Voc, Pmax
Trapped electrons 4.59E+11 4.59E+11 3.18E+13 3.18E+13
Trapped protons 8.64E+12 1.47E+13 3.82E+15 1.59E+15
Totals 9.10E+12 1.52E+13 3.85E+15 1.62E+15

Power control electronics will maintain bus voltage at 28 volts. The bus will be
fully regulated by employing a shunt regulator for periods of solar array operations and will

utilize a boost regulator during periods of battery operations. This arrangement is

TABLE 5.5 Radiation Annual Fluence Summary

discussed in detail in the HILACS project report.

2. Detailed Mass Summary

A detailed mass summary of the Electrical Power Subsystem components is listed

in Table 5.6.

Components Mass (kg)
Array Structural and Cells 13.00
Batteries 7.12
Wire Harness 3.00
Mechanical Integration 2.00
Solar Armay Drive Electronics 1.00
Solar Array Drive Motors 8.00
Power Electronics 2.00
Shunt Resistor Bank 0.94
Total 37.06

TABLE 5.6 Detailed Mass Summary of EPS
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B. ATTITUDE CONTROL SUBSYSTEM

1. Attitude Determination and Control System

The function of the attitude determination and control system, (ADCS), is to
provide precise attitude pointing for the AVHRR or similar payload in a low (450 NMI)
circular orbit, and a less accurate determination for the EHF or other communications
payload in a Molniya-type orbit.  This dual objective is met by using two subsystems
for the different requirements, the Precision Sensor Subsystem, PSS, and the Basic
Sensor Subsystem or BSS. The PSS and BSS are used for precise positioning, whereas
the BSS alone can be used for less stringent requirements. Both subsystems consists of
sensors to determine attitude, an on-board processor for control, and an inertial reference
system consisting of an assembly of 3 orthogonal gyros, (GA). The BSS and PSS share
the same components where possible. The Attitude Control Subsystem ,(ACS), is driven
by either the PSS or BSS and consists of 3 primary reaction wheel assemblies, (RWA),
with a fourth skewed wheel to provide redundancy, and two magnetic torque rods,
(MTR), for momentum dumping. The six 0.2 1b thrusters can be utilized for momentum
dumping in case of failure of the MTR’s or if excessive momentum buildup occurs. The
two subsystems are described below.

a. Precision Sensor Subsystem

The Precision Sensor Subsystem relies primarily on a Celestial Sensor Assembly,
(CSA), for attitude determination. Figure 5.1 provides a functional block diagram of the
system. The CSA is a strap-down star mapper with a 10.4 degree field of view. The
CSA is the same sensor used aboard the DMSP Block 5D-3 satellite, (ref DMSP). The
star sensor measures star transits across a detector and provides an input to the attitude
control computer, (ACC). The user will be required to uplink to the satellite,
approximately once per day, the 80 brightest stars that will be in view of the CSA. The

ACC also receives input from the GA and an on-board GPS receiver. The ACC uses the
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b. Basic Sensor System

The Basic Sensor Subsystem consists of a conical scanning earth sensor, (ES), a
digital sun sensor, (DS), the GA, RWAs, ACC, GPS receiver, and MTRs. A scanning ES
is required by the great range of possible altitudes that the satellite may achieve. The ES
scans the 14 to 16 micrometer infrared radiance profile of the earth to determine pitch and
roll error, while the DS determines the angle between the pitch axis and the sun. This
information together with the ephemeris data from the ACC and GPS receiver provides
yaw error. The BSS can provide better than 0.5 degree accuracy in each of the three axis.

Figure 5.2 is a functional block diagram of the subsystem.
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FIGURE 5.2 Functional Diagram of Basic Sensor Subsystem
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¢. Attitude Control Subsystem

The Attitude Control Subsystem, (ACS), is driven by the output of the ACC. The
ACC sends commands to the RWAs to correct attitude errors. The RWAS' input to the
ACC is the load current and wheel speed. The current is used to determine if an overload
condition exists in which case the ACC shuts down the wheel and starts the backup RWA.
The wheel speed is used as feedback and to determine if momentum dumping is required.
When the momentum reaches the maximum for the wheel, the torque coils are commanded
on to dump the excess momentum. In case of excessive rate buildup, as determined by
differentiators in the circuitry, thrusters are fired to slow the rate to within acceptable limits.

The block diagram for the ACS is given below.

To Attitude Control Attitude Control System
Computer
Thruster
Thrust > —
Commands
Speed ~~ Reaction Wheel
Assembly
(RWA) o ___ Output
Wheel Torque ; Torques
Commands
Current < J
—
Desaturation i
Commands Torque Rod

FIGURE 5.3 Functional Diagram of Attitude Control Subsystem
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2. Design Considerations

For the first order accurate approximation, the spacecraft is modeled as a rigid body
with nonrotating and rigid solar arrays. During the on-orbit mode, the disturbance torques
are solar, gravity gradient, magnetic, and aerodynamic. The calculations, programs and
resulting wheel speeds and attitude errors are given in Appendix C. The yaw motion of the
satellite in the Molniya-type orbit is modeled as in HILACS, (see ref HILACS). The
attitude control of the meteorological payload is treated in this report.

During the acquisition mode, the sun sensor on the anti-earth face acquires the sun.
After the ACC commands the RWAs accordingly, the earth is acquired and the BSS begins
operation. This is accomplished as follows: first, the RWAs are commanded to null the
yaw rate, this fixes the yaw axis in inertial space in an unknown attitude, next, the
spacecraft begins a slow rotation about the pitch axis until a sun observation occurs. If a
sun observation does not occur in 5 revolutions, the pitch rate is nulled and the spacecraft
begins a rotation about the roll axis. Utilizing this sun line and GPS receiver data, attitude
is determined and error correction by the ACC commences. Once the pitch, yaw, and roll
rates are nulled, the solar arrays are deployed. After sun and earth sensor updates to the
GA occurs, the system is switched over to the PSS if precision is required, otherwise the
BSS continues to control attitude. In the EHF payload the PSS is not available and the

BSS will be the on-orbit mode.

3. Basic and Precision Subsystem Summary
The following is a break-down of the components of the BSS and the PSS. The
AVHRR payload will require both the BSS and the PSS while the EHF payload will

require only the BSS.
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Component AVHRR EHF PWR Manufacturer
(kg) kg) W)

Attit. Ctrl. Computer 2.5 2.5 6 Bames

Roll RWA 2.4 2.4 18 Honeywell

Pitch RWA 2.4 2.4 18 Honeywell

Yaw RWA 2.4 2.4 18 Honeywell

Backup RWA 2.4 2.4 N/A Honeywell

Spring Restraing Gyro INTELSAT V

Assembly 1.2 1.2 19 Heritage

Earth Sensor 3.77 3.77 4 Barnes

Sun Sensor North Face 0.04 0.04 1 Adcole

Sun Sensor Ant-Earth 0.04 0.04 1 Adcole

Roll-Yaw Torque Rods 0.40 0.40 0.6 Ithaco

Pitch Torque Rods 0.4 0.4 0.6 Ithaco

GPS Receiver 3.6 3.6 4 Motorola

Celestial Sensor 3.17 N/A 2.15 DMSP Heritage

Total 24.72 21.55 92.35

Note: the EHF payload will require 2.15 W less of power than the AVHRR payload.
TABLE 5.7 Basic and Precision Subsystem Summary
4. System Parameters

The system parameters are computed in Appendix C. The RWAs are mounted so
as to provide torque along each of the spacecraft's principle axis of inertia with the backup
wheel mounted to provide torque equally along each of the principle axes. The worst case
disturbance torque in the normal mode of operations is the interaction of the magnetic
torque rods with the Earth's magnetic field during desaturation of the RWAs. The RWA

parameters for the AVHRR payload are given below:
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Roll Pitch Yaw
Momentum 1.9 Nms 1.9 Nms 1.9 Nms
Storage
Gain 0.885 Nm/rad 0.710 Nm/rad 0.621 Nm/rad
Time Constant 4 sec 8 sec 8 sec

TABLE 5.8 System Constants
§. System Performance

The wheels will be desaturated at approximately 100 RPM. The torque rods will
provide a 10 AMP-m? magnetic dipole which will result in 0.006 N-m of torque over the
earth’s geomagnetic poles for the 450 nmi altitude of the circular orbit. The pitch torque
rod will be energized within +/- 30 deg of the north and south geomagnetic poles and
the roll-yaw rod when within -+/- 30 deg of the geomagnetic equator. The desaturation
scheme for the Molniya-type orbit is dependent upon the longitude of the ascending node.
Basically, the roll-yaw rod will be used near the equatorial crossing and the pitch rod
near perigee. As can be seen from the plot of the wheel speeds in Appendix C, the pitch
wheel will require periodic desaturation. The roll - yaw wheels should rarely, if ever,
require desaturation due to the cyclic nature of the disturbance torques. The satellite will

maintain a 0.01 deg pointing accuracy during desaturation.
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C. THERMAL CONTROL SUBSYSTEM

Thermal analysis of a spacecraft requires precise information concerning equipment
placement, operating temperature limits, structural materials, and amount of power
dissipated by the equipment. The conceptual EHF and AVHRR payloads for the MPS bus
proposed in this study will not necessarily determine the final configuration. Because of
this, the analysis performed on these configurations will be considered as an initial analysis
with the understanding that as more detailed information and configuration revisions are

incorporated, the analysis will be updated.

1. Design Considerations
The thermal control of each configuration is to be done utilizing passive techniques.
The requirements to COnserve mass in the design of the spacecraft were such that if passive
techniques could be employed the impact on the mass of the spacecraft would be minimal.
Therefore the goal is to use optical solar reflectors (OSR's), insulation, conductive transfer,
and paints and coatings to regulate the temperature of the equipment.
The typical equipment operating limits listed in Table 5.9 were used as guidelines in

the thermal analysis procedures:
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Thermal Design Temperature
. Limits (°C), Min/Max
Subsystem/Equipment Nonoperating/Turn- Operating
on
Communications
Recetver -30/+35 +10/+45
Tnput multiplex -30/+33 -10/+30
Output multiplex -30/+55 -10/+40
A -30/4+35 -10/+55
Antenna -170/+90 -170/490
ectric power
Solar array wing -160/+30 -160/+80
Battery -10/+25 0/+25
Shunt assembly -45/4-65 -45/+65
Attitude control
Earth/sun sensor -30/+55 -30/+50
Angular rate assembly -30/+55 +1/+55
Momentum wheel -15/+55 +1/+45
Propulsion
Sohd apogee motor +5/+35 --
Propellant tank +10/+50 +10/+50
Thruster catalyst bed +10/+120 +10/+120
Structure
Pyrotechnic mechanism -170/+55 -115/+55
Separation clamp -40/+40 -15/+40

TABLE 5.9 Typical Equipment Temperature Limits

2. Optical Solar Radiator Sizing
Based on the power summaries of the spacecraft an initial analysis was conducted
to determine the approximate area required to radiate the thermal energy generated. The
thermal energy dissipated by the EHF payload was estimated to be 148 Watts and for the
AVHRR payload, 115 Watus. It is felt that these estimates are conservative and would
reflect lower temperatures than might actually be encountered. Because space is such a
good heat sink, any additional thermal load could be removed by limiting the insulation

and/or altering the surface coatings.
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The heat balance equation is:

ecTinA=0s5ASsin(0)+P

where
€ = emittance of the radiator (0.8)
¢ = Stefan-Boltzmann constant
1 = efficiency
A = area of the radiator
T = maximum desired operating temperature (310 K)
o = solar absorptance EOL (0.12)
S = solar intensity at winter solstice (1397 W/m?)
8 = solar aspect angle (23.5°)
P = thermal load to be dissipated in Watts

The area required for the radiator for the EHF configuration is 744 in2 and for the AVHRR
configuration it is 573.5 in2. It should be noted that the AVHRR assembly comes with

approximately 300 inZ in OSR's installed.

3. Solar Array Temperature

The solar arrays of the EHF configuration will remain perpendicular to the solar
flux. The AVHRR solar arrays will , as nearly as possible, be perpendicular to the solar
flux. The positioning of the EHF solar arrays is accomplished by rotation about the roll
axis by the solar array drive motors and about the yaw axis by attitude control of the
spacecraft. The AVHRR solar array, due to equipment requirements, only has rotation
about the roll axis by use of the solar array drive motors. This introduces some loss in
power but is compensated for in the sizing of the arrays. The greatest angular displacement
is approximately 50° inclination from perpendicular.
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The effective solar absorptance (Osg) is:
asg=0s-FpN
where
a = average solar cell array absorptance (0.8)
F;, = solar cell packing factor (0.95)
7 = solar cell operating efficiency

The steady state operating temperature (Top) of the solar array is given by:

asg Ap S cos(a) 7 /4
(e AF+€g AB) O

Top= [

where
Ag = array front side area (30.2 ft2)
Ap = array back side area (30.2 f2)
€ = emittance of array front side (0.8)
€p = emittance of array back side (0.7)
S = solar constant
¢ = Stefan-Boltzmann constant
a = angle of incidence of sunlight

The operating temperatures of each of the solar arrays are summarized as follows:

Top EHF AVHRR
Summer Solstice 45.3°C 12°C
Winter Solstice 50.4° C 34.6° C

TABLE 5.10 Solar Array Operating Temperatures
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4. Thermal Analysis Using PC-ITAS

The Integrated Thermal Analysis System for personal computers (PC-ITAS)is a
menu driven software package produced by ANALYTIX Corporation. The thermal
analyzer has the ability to accept various inputs concerning the spacecraft. Among these
inputs are spacecraft configuration, operations, and orbital parameters. After entering this
data the analyzer will generate steady state or transient output temperatures. It can be used
to rapidly analyze changes in configuration or material properties during the design phase.

PC-ITAS allows the user to represent the spacecraft with a model. The model
building menu has various geometric shapes which can be dimensioned to satisfy any
requirements. Each geometric shape will constitute one or more surfaces. The software
limits the user to 550 surfaces although expanded versions are available. Caution must be
exercised in choosing geometries as the more surfaces used, the more memory and
computer running time are needed. It was determined that, for the computer system
currently in use by the design team, approximately 165 surfaces could be generated for
analysis without any overflow problems. Because this is a preliminary design analysis this
did not pose a significant problem. Some equipment was not modelled in detail due to this
limitation so there was a trade off between computer capability and depth of analysis. To
get an accurate, in depth analysis would require a final design and complete thermal
characteristics of each piece of equipment.

Each surface constitutes a node in the thermal analysis phase. A box, for example,
would have six surfaces therefore it has six nodes. The following tables outline the
components modelled and the geometric shapes selected to represent them, as well as the

number of each nodes assigned to that component.
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omponent Geometric Model Assigned Nodes
S Bus 5 sided box 1-5
ower control Box 6-11
attenies Box 12-17
Attitude control Box 18 -23
uel tank 18 sided sphere ~ 24 -41
VHRR 5 sided box 42 -46
[RTU Box 47 - 52
RCU Box 53-58
OSR shield Polygon 59
AVHRR side panels (2) Polygon 60, 61
A R OSR's ~ Polygon 62
Bus OSR's Polygon 63
aw RWA 12 sided cylinder, capped 64 - 87
Pitch RWA 12 sided cylinder, capped 88 -111
Roll RWA 12 sided cylinder, capped 112 - 135
MPS Bus south panel Polygon 136
olar array drive motor - east 5 sided box 137 - 141
olar array dnve motor - west 5 sided box 142 - 146

TABLE 5.11 AVHRR Model and Node Assignment

omponent Geometric_Model Assigned Nodes

MPS Bus 5 sided box 1-4
Power control Box 5-10
Batteries Box 11-16
Attitude control Box 17 - 22
Fuel tank 18 sided sphere 23 -40
Yaw RWA 12 sided cylinder, capped 4] - 64
Pitch RWA 12 sided cylinder, capped 65 - 88
Roll RWA 12 sided cylinder, capped 89-112
Solar array drive motor - east 5 sided box 113-117
Solar array drive motor - west 5 sided box 118 - 122
OSR’'s Polygon 123
MPS Bus south panel Polygon 124

nnector 5 sided box 125 - 129
EHF Feedhorn assembly Box 130 - 135
RF reflector 6 sided disc 136 - 141
Reflector support 4 sided cone, capped 142 - 149
EHF Electronic 1 Box 150 - 155
EHF Electronics 11 Box 156 - 161

TABLE 5.12 EHF Model and Node Assignment
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After generating the model, the orbital parameters were entered. PC-ITAS will
generate graphics so that the user may see the spacecraft in the orbit specified and will use
this data in the generation of view factors and shadow factors. The EHF payload was
analyzed for a Molniya orbit and the AVHRR payload for a circular, nearly polar orbit.
Orbit parameters are entered through the orbital analysis parameters menu and can be
rapidly changed to conduct analysis for any number of orbits the user desires.

Included with the PC-ITAS software are physical and optical properties of
numerous materials. The user may select from these tables or enter the requirements in the
appropriate blocks within the menu. Optical properties of the surfaces modelled must be
selected for analysis. The analyzer will automatically calculate view factors between
surfaces for use in the radiative heat transfer equation. The user may, if it is so desired,
link nodes by either radiation or conduction. Unless there is a specific need to do so,
radiation links need not be established as they are generated automatically. Conduction
transfers, where known, should be entered as part of the data. Should certain equipment
be operated for a set time duration and off for other periods, the analyzer is capable of
handling this condition. The power profile definitions menu will allow the entering of
these equipments along with a listing of their on and off times.

Equipment which dissipates heat can be indicated at the time the optical parameters
are designated. Any heat dissipated will become part of the environment and incorporated
into the thermal analysis. Because detailed information on the thermal energy generated by
the equipment and specific locations of that generation is not available, the heat dissipated
by a piece of equipment was estimated and then applied equally to all surfaces of the
geometric representation of that component.

The following table lists the materials selected, optical properties, and heat

dissipated per surface (node) of each payload.
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AVHRR Optical Properties Heat Dissipated

Component Material o € Per Surface (W)

Bus Anodized Aluminum 0.30 0.80
7075-T6

Power control | Sandblasted Aluminum 0.42 0.21 0.1
2024

Batteries Polished Stainless Steel 0.38 0.19 9.0
302

Attitude control | Sandblasted Aluminum 0.38 0.19 0.3
2024

Fuel tank Polished Nickel Coating 0.44 0.05 0.2

AVHRR Anodized Aluminum 0.25 0.72 1.5
Low A/E

RTU Sandblasted Aluminum 0.38 0.19 0.3
2024

RCU Sandblasted Aluminum 0.38 0.19 0.3
2024

Shield Bare, Clean Aluminum 0.19 0.08

OSR's Ag-SiO2 0.05 0.8

RWA's Anodized Aluminum 0.68 0.48 0.5
2024

SADM's Anodized Aluminum 0.68 0.48 0.7
2024

TABLE 5.13 AVHRR Material Selection and Heat Dissipation
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EHF Optical Properties Heat Dissipated

Component Material a € Per Surface (W)

Bus Anodized Aluminum 0.30 0.80
7075-T6

Power control | Sandblasted Aluminum 0.38 0.19 0.1
2024

Batteries Polished Stainless Steel 0.38 0.19 3.0
302

Attitude control | Sand